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Abstract. This paper presents the architecture design of flight dynamics system (FDS) 
known as òEMERALDó developed by Geo-Informatics and Space Technology 
Development Agency (GISTDA) and Mahanakorn University of Technology (MUT). The 
capability of the system enables to provide the state vector of a satellite, mission analysis, 
orbit events and mission monitoring. The methodologies of orbit determination and event 
prediction modules implemented for mission management are presented and the 
validation is performed by comparing the prediction results with the performance of the 
mission operation. As a result of the implementation, the reduction of the operation time 
consumption is improved significantly and the prediction performance is high accurate 
and reliable when comparing with previous FDS (Quartz) developed by EADS ASTRIUM.  
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1. Introduction  
 
The flight dynamics system (FDS) has proven as a one of essential elements in the satellite ground control 
for mission planning and analysis. The FDS receives the mission requirement and information of orbital 
conditions to provide the orbit analysis to fulfill mission objectives. The FDS acts as an information hub 
for the ground control systems as shown in Fig. 1. FDS receives GPS data from satellite control center 
(SCC) and uses this information to returns orbital position known as òephemerisó to mission planning 
center (MCC) and forecasted events (pass schedule and maneuver information) to SCC. Based on operation 
experiences of Thaichote (Thailand Earth observation mission) by Geo-Informatics and Space Technology 
Development Agency (GISTDA), the original FDS is dependent on machine and complex system to adjust 
and develop new features for the new requirements of future missions (e.g. multi-mission ground segment). 
The FDS costs of private satellite technology companies (e.g. Satellite tool kit (STK), FreeFlyer and 
FocusSuite) are expensive and require paying an annual cost. However, the payment decision is accepted 
but a customer needs to develop source codes for an initial set up of the software to align a format and 
satellite command. Besides, an additional cost will be added when new features are required. As a result, it 
consumes high budget in each year for the current and future mission operations. To reduce the budget in 
long-term, support the flexibility of modification and enhance technology capabilities, GISTDA researches 
and develops FDS to support our own mission operations as same as other international space agencies [1-

3]. FDS known as òEMERALDó decided and developed by GISTDA can provide essential information of 

routine operations, navigation, mission design, operations of mid-term and long-term near-Earth. The 
graphical user interface (GUI) is developed to provide all the essential input parameters and analyzed results 
in a single window. Previous investigations of the authors present the high performance in the orbital 
trajectory tool and maneuver design [4]. 

This paper describes the architecture design of EMERLAD and the methodology in orbit 
determination and event prediction modules to compute essential information (ephemeris predictions, pass 
schedule and Earth eclipse) of the Thaichote mission. The analyzed results are compared with the results of 
previous FDS software (Quartz+) developed by EADS ASTRIUM to measure the EMERALD 
performance. To validate the accuracy of the EMERALD prediction, the results are compared with the 
mission results. Finally, the conclusion and future development are described in the last section. 
 
2. Architecture and Design 
 
The challenge to develop the flight dynamics technologies (algorithm, software and improvement of GUI) 
is the accuracy of a prediction and reliable system. The successful development allows us to upgrade the 
advance hardware and the software domain. EMERALD architecture is designed based on the object 
orientation leading to a powerful tool for development and effective cost of software maintenance. The 
object orientation allows us to create advanced system function, which is not only coupled with object 
oriented analysis for FDS in future missions but also decoupled between application and support functions. 
It is useful to increase the overall robustness of the system because the coding can be separated from 
software testing before implementing GUI by fully non-disruptive mechanism. EMERALD has been 
developed with the precise trajectory generation based on numerical technique and perturbations describing 
in section 3.  

Fig. 2 shows EMERALD architecture system. The system consists of five main modules. The orbit 

determination and event prediction modules are main modules to support the mission operation. The orbit 
determination requires GPS data from a satellite to estimate the initial state vector (position and velocity), 
which will be an input of the event prediction module to propagate the orbital state for the prediction of 
the critical and mission events. The orbit control maneuver is capable of designing and planning delta-V 
strategies for mission performance and collision avoidance from space objects. Collision risk assessment 
module take responsible to analyze the collision risk of space debris or satellites and support the maneuver 
decision. This module is processed when we receive a notification (Conjunction Data Message: CDM) by 
Joint Space Operations Center (JSpOC). Finally, the de-orbit module [5] is capable of analyzing a strategy 
to re-entry to the Earth by performing the guidelines of Inter-Agency Debris Coordination Committee 
(IADC) [6] that post-mission orbit lifetime no longer than 25 years is in active regions. All analyzed results 
of all modules will be transferred to store in the database of the ground control system. 
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The FDS process of the mission operation in Fig. 3 starts when GPS decoded from telemetry are 
stored in database. GPS are firstly retrieved to process in the orbit determination module to estimate an 
initial state vector by using weighted least squares. Secondly, an initial state vector is an input for event 
prediction module to predict the future state vectors of a satellite and critical events. Bulirsch StÖer 
algorithm [6] is numerical integration technique to predict an orbital evolution under perturbations. The 
event prediction module provides ephemeris, pass schedule and Earth eclipse. The technique information 
of both modules will be described in the next section. 

 
3. Methodology 
 
This section describes the techniques in orbit determination, orbit propagation and algorithms to predict 
the critical mission event (pass schedule and Earth eclipse). 
 
3.1. Orbit Determination 
 
Weighted least squares technique is implemented to find the satellite trajectory by applying weighting factor 
to each residual in term of the square of the weighted residuals. The cost function for the weighted least 
squares problem is given by: 
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where r  is the residual matrix, W  is weight matrix, y is an n-dimensional vector of measurement, H  
donates the observation sensitivity matrix and x  is the state vector matrix at the reference epoch. The 
necessary condition to minimize the cost function requires that the second derivative must be positive and 
the first derivative of the cost function equal zero: 
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Then, Eq. (2) is rearranged to obtain the normal equation as:  
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The estimation of weight least square, ĔX , is expresssed as: 
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Fig. 1. Thaichote Ground control system.  
 

 
 
Fig. 2. EMERALD architecture. 
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Fig. 3. Orbit determination and event prediction process. 
 
3.2. Orbit Propagation 
 
The perturbations acting on satellite are typically modelled by applying a gravity field from the Earth, third 
body gravity forces due to the Sun and Moon and may include tides, atmospheric drag, solar radiation 
pressure and other effects as deemed necessary. In this software, the perturbative accelerations that will be 

considered are: Earth gravitational field (
Eartha ), the third body gravity of Sun and Moon (

suna ,
moona ), air 

drag (
SRPa ) and SRP ( Draga ). Therefore, the orbital dynamic model used for the orbit propagation is 

expressed as: 
 

total Earth sun moon SRP Dragx a a a a a= + + + + (5) 

 

where 
totalx  is total acceleration of satellite position. 

The numerical integration used to solve the propagation of the differential equations is the Bulirsch 
StÖer algorithm [7] that provides high-accuracy solution to ordinary differential equations with reasonable 
computational efforts.  
 
3.2.1. Two body perturbations 
 
Newtonõs law of gravitation determines that every point mass attracts every single point mass by a force, 
which is proportional to the product of the two masses and inversely proportional to the square of the 
distance between them. Due to imperfect sphere of the Earth, the effect of the Earthõs oblateness is 
considered for higher accuracy of an orbital prediction. The acceleration of the Earth gravity acting on the 
satellite from the Earth is written as: 
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Where x  is magnitude of the position vector, m is the gravitation constant of the Earth, 
ER  is the Earthõs 

mean equatorial radius, l  and m are degree and order of spherical harmonics, 
lmP  is Legendre function at 

l  degree and m order, both 
lmC  and 

lmS  are normalized surface spherical harmonics coefficients. Finally, 

satf  and 
satl  are geocentric latitude and longitude of a satellite. 

 
3.2.2. Third body perturbations 
 
The perturbations of the Sun and the Moon in an Earth-centered reference are given by: 
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where 
kx  is the position vector of the third body gravitational perturbations of the Sun and Moon (k = 1 

and 2 respectively), 
km  is the gravitational constant of third body gravitational perturbations of the Sun and 

Moon (
1m= 1.32712438³1020 m3/s2 and 

2m= 4.902794³1012 m3/s2 respectively). 

 
3.2.3. Solar radiation pressure 
 
The satellite is assumed to be a spherical body with uniform reflection properties called òcannonball 
modeló [8]. The direct radiation acceleration is given by: 
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where E  is the solar flux (1,353 W/m2), c  is velocity of light (299,792,458 m/s), 
RC  is reflection 

coefficients, A  is cross-section area of a satellite, m  is a mass of satellite and Ĕ
S  is the unit vector pointing 

from the satellite to the Sun. 
 
3.2.4. Atmospheric drag 
 
In low Earth orbit (LEO), the effects of atmospheric perturbation is essential to be considered for more 
accuracy the orbital propagation. The aerodynamic acceleration [9] acting on a satellite in orbit is given by: 
 

21 Ĕ

2
drag d rel rel
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where S  is the cross-section area of the main body perpendicular a relative velocity unit vector to the 

rotating atmosphere (Ĕ
relV ), 

dC  is the drag coefficient of a satellite and r is atmosphere density depending 

on the satellite altitude. 
 
3.3. Rise/ Set Time 
 
A satellite can contact a ground station when it rises above a minimum elevation angle. Let q denote the 
elevation angle. 
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Fig. 4. Geometry of Rise/set time. 
 

In Fig. 4, the angle (q) shows between the vector of the ground target (
ECEFsitex ) and relative vector (

ECEFxD ). 

The elevation angle is measured from the horizon up to satellite. The angle is given by: 
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where 
ECEF ECEFECEF sat sitex x xD = - , 

ECEFsatx  and 
ECEFsitex  are the position vectors of the satellite and the ground 

target in the Earth centered Earth fixed frame (ECEF) respectively. The value of the right hand side in Eq. 
(10) varies with time that can be defined as the visibility function. Therefore, the visibility function is 
expressed by: 
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The elevation angle represents the zero of the function. In case of Thaichote mission (altitude: 822 km, 

sun synchronous orbit and a ground target location at 13.10ºN, 100.92ºE), the minimum elevation 
threshold is controlled at 5 degrees. 
 
3.4. Earth Eclipse 
 
Earth eclipse events have significant impacts on the satellite mission. It is required to know exactly when 
the satellite enters or leaves the shadow region because the eclipse effects the management of the satelliteõs 
energy storage, thermal control of satellite and effect of trajectory propagation of the satellite due to the 
solar radiation pressure that is small or null in the penumbra or umbra. In EMERALD, the conical shadow 
model is employed for the eclipse prediction. The penumbra (light gray) and umbra (dark gray) in Fig. 5 are 
demonstrated by the distance between the Sun and the Earth. 
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Fig. 5. Geometry of penumbra and umbra of the Earthõs Eclipse. 
 
The penumbra cone geometry is expressed as: 
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where eR  is the radius of the Earth (6,356.8 km), 
sR  is the radius of the sun (698,700 km), AU  is the 

distance between the Earth and the Sun (149,597,870.7 km). Then, the umbra cone geometry is given by: 
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The angle can be computed as: 
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The satellite orbits in the penumbra region if 
2 1a a a< <  while it orbits in the umbra region if 

2a a<  and 

then in case of a is equal to 
1a  or  

2a . It can imply that a satellite is entering or leaving the penumbra or 

umbra. 
 
4. Results and Discussion 
 
The simulation results of the event prediction module will be compared corresponding value obtained by 
Quartz and the results will be shown the maximum relative error of each day. The relative error between 
both results will be computed by: 
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For the machine to process, Quartz is processed with a sun workstation: Sun blade 100 CPU: Sun 

UltraSPARC IIe 500MHz processor and 2048 MiB because this system is dependent on the machine by 
fixing MAC address. Then, EMERALD is run on a PC with Intel® Xeon® 3.50 GHz with 8 GB of RAM. 
 
4.1. Ephemeris 
 
Fig. 6ð11 show the maximum relative error of six Kepler elements (semi-major axis (a), eccentricity (e), 
inclination (i), right accession of ascending node or RAAN (W), argument of perigee (w) and true anomaly 
(u)) with respect to Quartz on each day from Jun 28 to Nov 13 2017. Most of simulation trends fluctuate 
in small range while the RAAN trend is the smoothest between 4.53E-4 ð 5.67E-4%. The statistical analysis 
in Table 1 indicates that the error ranges of each parameter are tiny. It can imply that the EMERALD 
results are high accurate with respect to Quartz. The validation is performed by comparing the coordinates 
of 4 corners (NW: Northwest, NE: Northeast, SW: Southwest and SE: Southeast) on an image between 
real coordinates based on GPS and simulated prediction of EMERALD. The control of tolerance error is 
equal or less 2 km within ±12° roll rotation. Table 2 shows the pointing accuracy error summary of images 
on July 19 and 26 2017. The errors are under control and maximum error is 0.296 km. This can imply that 
the orbit prediction is highly accurate. 
 

 
 
Fig. 6. Maximum relative error on each day of semi-major axis evolution on Jun 28ðNov 13 2017. 
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Fig. 7. Maximum relative error on each day of inclination evolution on Jun 28ðNov 13 2017. 
 

 
 
Fig. 8. Maximum relative error on each day of eccentricity evolution on Jun 28ðNov 13 2017. 
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Fig. 9. Maximum relative error on each day of right ascension ascending node evolution on Jun 28ðNov 
13 2017 
 

 
 
Fig. 10. Maximum relative error on each day of argument of perigee evolution on Jun 28ðNov 13 2017. 
 


